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Abstract 
This paper compares different concepts for a space-based power system to support a lunar base: a solar power 
satellite (SPS) with a microwave wireless power transmission system (WPT), a hybrid configuration where two solar 
reflector satellites (SRS) fly in formation with the SPS and concentrate sunlight onto the SPS, and the CASSIOPeiA 
SPS system.  
Sizing of the transmitting and receiving antennae is conducted for a WPT concept utilising high frequency 
microwaves. Design of the microwave generator is based on gyrotron technology, with parabolic reflectors, and an 
array of rectifying patch antennae. The WPT solution consists of a number of satellites with solar arrays and 
transmission capabilities to provide continuous power to the receiving array.  
Solar reflectors alleviate the issue of day-night cycles, for ground-based solar arrays, by providing constant 
sunlight. This concept could be extended by increasing the irradiance provided by the reflecting satellite, thus 
decreasing the size of the ground solar array required. However, reflective satellites struggle with efficiency stemming 
from the size of the footprint they create, which is dependent on the angular subtense of the Sun. This paper 
demonstrates that a hybrid design, utilizing both the reflector satellites and the WPT, would provide the greatest power 
to weight ratio - decreasing the size of the solar array required.  
An important aspect in the effectiveness of solar powered satellites are their distance from the ground receiver, 
determined directly by their orbit. Smaller orbits allow for reduced distances between the satellite and ground; reducing 
receiver sizes. However, larger orbits increase transmission windows, reducing the required energy transfer rate. 
Another important consideration is the stability of the orbit. Stability is affected by the Solar Radiation Pressure, the 
gravitational pull of the Earth, and the effects of the non-spherical gravity field of the Moon. Thus, when designing 
the orbit, these effects have been considered alongside the trade-off between larger and smaller orbits.  
The solutions have been scaled and compared to the CASSIOPeiA concept architecture of a similar nature which 
has been investigated to demonstrate the effectiveness of the concept provided. 
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Acronyms 
AU Astronomical Unit 
CFRP Carbon Fibre Reinforced Polymer 
DC Direct Current 
GEO Geostationary Earth Orbit 
ISS International Space Station 
LEO Low Earth Orbit 
PV Photovoltaic 
RCS Reaction Control System 
RF Radio Frequency   
SBSP Space-Based Solar Power 
SPS Solar Power Satellite 
SRS Solar Reflector Satellite 
TRL Technology Readiness Level 
UV Ultraviolet 
WPT Wireless Power Transmission 
1. Introduction 
The demand for electrical power is a critical 
consideration in the design of all space systems. Even 
more so for crewed missions, the provision of power for 
habitat and outpost infrastructure such as life support, 
navigation and communications, as well as supporting 
scientific research and exploration, is an essential system 
component and determinant of mission success [1]. 
These considerations are of great importance for the 
upcoming Artemis missions - humanity’s return to the 
Moon. Additionally, with plans for longer-term, more 
sustainable, habitation on the lunar surface, astronauts 
will require greater magnitudes of power than any space 
system ever previously deployed [2]. 
Whilst various technologies have been used to 
support human space exploration, the most common 
power systems utilise solar photovoltaic arrays. In space 
these systems can provide near continuous power 
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generation, with support from on-board battery systems 
to provide power during periods of eclipse. However, 
when operating in environments with much longer 
periods of darkness, such as on the surface of the Moon, 
the size of the storage systems required to support 
ground-based solar generation becomes untenable with 
current technological constraints. 
One solution, which has seen increasing study in 
recent years, is the use of space-based solar power (SBSP) 
to provide a continuous source of power generation. 
Originally appearing in the 1941 short story “Reason”, 
by Isaac Asimov, the concept of generating solar power 
in orbit for supply to a ground-based receiver has been 
studied since the Apollo era of space exploration. The 
first to address the concept technically, in 1968, was 
Glaser who proposed a system of two satellites operating 
in geo-synchronous Earth orbit which would harvest 
solar energy and continuously transmit the converted 
power via microwave beam [3]. Since then, various 
concepts for solar power satellites (SPS) have been 
proposed; addressing different operational environments, 
mission profiles and technological developments. In 
particular, the method of wireless power transmission 
(WPT) and the means of solar energy collection are 
significant areas of study. 
Conceptual SPS systems function via laser or radio-
frequency transmission systems, with the latter typically 
specified as microwave radiation [4]. The transmitted 
power required at the ground is generated from the 
conversion of solar radiation into electrical energy by the 
satellite’s solar arrays. Thus, the magnitude of power 
required and efficiency of the WPT system have great 
influence over the sizing of the SPS solar arrays, and the  
WPT antennae. This is important as the solar arrays will 
constitute a significant proportion of the overall SPS 
mass, due to their large area; likewise, the area of each 
WPT antenna will greatly affect the overall mass 
launched. The direct correlation between cost and mass-
launched encourages an optimised design to minimise the 
size of the solar arrays; with several methods such as 
advanced solar cell technologies [5], ultralight-weight 
structures [6] and concentration of solar radiation [7] 
having previously been explored in literature. 
 
2. Background 
As part of the Swiss Space Centre’s IGLUNA 2020 
project, in this investigation a system-level approach is 
undertaken, to study, scale and compare different designs 
and configurations for an SPS constellation. As such, the 
aim of this work was to produce a single design which is 
capable of  providing continuous power to a lunar outpost 
at the Moon’s south pole. The study focuses mainly on 
currently available technologies with readiness level 
(TRL) equal to, or greater than, TRL 3 with a view 
toward near-term deployment in order to support ESA in 
their goal of building a permanent Moon base.  
2.1 IGLUNA 2020 
Inspired by the Chandrayaan-1 probe’s discovery of 
water ice at the lunar south pole, the IGLUNA project is 
an international collaboration of student teams to develop 
concepts and prototypes to support human exploration on 
the Moon [8]. The current work derives from concepts 
explored by the authors, members of the PowerHab 
student team, as part of the 2020 project edition. 
Tasked with the goal of a reliable and continuous 
power supply for the lunar base, the PowerHab team 
developed a distributed and holistic solution to meet this 
objective. The design consisted of multiple subsystems 
for energy generation, storage and distribution to allow 
for redundancy should one subsystem fail. As the main 
generation element, SBSP was a key component of the 
overall power system and is the only element defined 
within the scope of this work. 
 
2.2 PowerHab Requirements and Constraints 
System requirements and constraints were specified 
at the outset of the study with definition of power budgets 
for each team’s system, review of existing spacecraft 
power systems and projection of future demand. 
The key technical requirements (R) and constraints (C) 
of the PowerHab system within scope are outlined below 
in Table 1: 
 
Table 1: Key Design Requirements and Constraints 
R.1 Power at Habitat 150 kW 
C.1 Diameter of WPT Transmitter  22 m 
C.2 Diameter of WPT Rectenna  400 m 
 
Required power delivered to the habitat was specified 
as 150 kW. This was derived by comparison to the 
International Space Station (ISS) power system of 110 
kW [2, 9], with a 40% margin applied after review of the 
total power budget of the other teams’ systems. 
Constraint C.1 was determined from the largest 
diameter antenna reflector ever deployed, the SkyTerra-
1 which has an L-band reflector diameter of 22 m [10, 
11]. Constraint C.2 was established upon preliminary 
review of the WPT method, with microwave 
transmission chosen for study due to its level of 
efficiency and demonstrated heritage of terrestrial and 
space technologies operating in the microwave spectrum. 
Using a nominal areal density of 0.16 kg/m2 [12] for 
the rectenna, and using an approximate upper mass limit 
of 26,000 kg (based on the injected mass of the Orion 
spacecraft to provide a baseline [13]), one derives an area 
of 160,000 m2 which equates to an effective diameter of 
400 m for a square array rectenna. 
In addition to these requirements and constraints, an 
objective was defined to size the system for minimised 
mass whilst adhering to the design boundaries.  
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3. Orbital Analysis 
Under ideal conditions, any orbit would remain stable 
and unchanged indefinitely, without the need for any 
‘station-keeping’ manoeuvres. However, in reality 
several effects perturb orbits over time. The main effects 
considered here are third body effects, non-spherical 
gravity fields, and solar radiation pressure. 
Third-body effects, such as the Earth-Moon-Satellite 
system, occur where a satellite in orbit around the Earth 
is affected by the gravitational attraction of the Moon, 
causing perturbations in its original orbit. In this analysis 
the three-body system considers only the Earth affecting 
the orbit of a proposed satellite around the Moon.  
Non-spherical gravity fields can arise due to the body 
not being perfectly spherical in shape, but they can also 
occur due to the effects of “mascons”; which are large 
concentrations in mass causing gravitational anomalies 
across the surface. This is the case for the lunar surface. 
The final effect considered in this project is the effect 
of solar radiation pressure (SRP). Due to wave-particle 
duality, an electromagnetic photon has an amount of 
momentum, which can be imparted upon an object that 
the photon collides with. In  reflectors, the photon will be 
reflected, sometimes in the exact opposite direction, 
potentially doubling the effect of the ‘radiation pressure’ 
compared to a surface which absorbs the photons. 
Frozen orbits, which are sometimes possible through 
the careful selection of initial orbital parameters, could 
theoretically keep a satellite in the desired orbit 
indefinitely, eliminating the need for station-keeping 
manoeuvres, meaning less maintenance, fuel, and cost 
associated with the operation of the satellite. 
One study states that a lunar orbit with semi-major 
axis of 6541.4 km,  inclination of 56.20 and eccentricity 
of 0.6 will be frozen [14]. The third body effect of the 
Earth is considered to be the main source of perturbation 
and discounts the effect of the non-spherical gravity field 
as negligible due to the large semi-major axis.  
NASA has demonstrated that orbits with inclinations 
of 27º, 50º, 76º, and 86º around the Moon are frozen [15], 
when considering the non-spherical gravity field as the 
primary source of perturbation. These are close to the 
lunar surface, which minimises the WPT distance.  
One effect not considered in either study is SRP, 
which is significant in the perturbation of a SBSP system; 
and varies across the solar year, not just across the orbit. 
However, in the case of satellites with relatively high 
mass, in low lunar orbit, the effect of SRP is essentially 
negligible. 
To assess the stability, orbit simulations were 
conducted and variation in the orbital parameters were 
studied. The first method used was a 3D MATLAB 
simulation. Initially desired Orbital parameters were 
input and converted to cartesian coordinates in a state 
vector. The magnitude and direction of the force of 
gravitational attraction of both the Moon and the Earth 
were determined by using the pre-defined gravitational 
parameters of each and the distance between the satellite 
and the respective body’s centre of mass using Eq. 1, 
where the mass of the satellites were negligible. 
 
 𝐹 =
𝐺𝑚1𝑚2
𝑟2
 Eq. 1 
 
By superposition, the accelerations from each body 
were summed to find the total acceleration due to gravity. 
Using the direction of the sun relative to the satellite, and 
by determining whether the satellite was experiencing an 
eclipse, the force acting on the satellite due to SRP was 
calculated. Acceleration due to this force was calculated 
and added to the gravitational acceleration to determine 
the overall acceleration of the satellite at that point in 
time. Effects on the position and velocity due to the 
current acceleration and velocity were calculated over a 
time step of one second, with acceleration values 
recalculated for every time step and simulated over a 5-
year period. Notably, this method does not determine 
effects of the non-spherical gravity field, which is of 
major influence for low lunar orbits. For this purpose, a 
second simulation method was used utilising NASA’s 
General Mission Analysis Tool (GMAT). 
With GMAT, the non-spherical gravity field of the 
Moon could be modelled, and its effects taken into 
account; improving the accuracy and reliability of the 
results. The in-built tools of GMAT were used to extract 
the variation in parameters over the simulated 5-year 
period and track the eclipses experienced by the satellite.  
Four orbit paths were simulated over the 5-year 
period to provide a comparison of the orbit stability, 
eclipse time, coverage times, and altitude. The stable 
6,500 km orbit mentioned previously; a larger version of 
the orbit for comparison; a low lunar orbit, with 
inclination of 86°, to determine the effectiveness of the 
satellite orbiting very close to the surface; and a circular 
polar orbit with a semi-major axis of 2250 km. The 
selected orbits’ parameters are given in Table 2, followed 
by visualisations of each orbit in Figure 1. 
 
Table 2: Orbital Parameters Investigated 
Orbit 
No. 
a 
(km) 
e 
i 
(°) 
Ω  
(°) 
ω 
(°) 
T 
(hr) 
1 1880 0.025 86.0 90 90 2.04 
2 2250 0 90.0 90 90 2.66 
3 6514 0.600 56.4 90 90 13.06 
4 9250 0.600 56.4 90 90 22.17 
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Figure 1: Visualisations of Lunar Orbits (i) No. 1, (ii) No. 
2, (iii) No. 3 and (iv) No. 4 
4. Wireless Power Transmission 
Following the decision to employ a microwave 
transmission system, explained in Section 2.2, the 
frequency of the microwave beam was chosen as 94 GHz 
based on literature review of similar systems [16, 17]. 
This corresponds with a wavelength of 3.189 mm.  
Taking a conservative RF-to-DC conversion 
efficiency of 40%  [18, 19, 20], the power required at the 
WPT rectenna was determined by: 
 
 𝑃𝑟 =
𝑃ℎ𝑎𝑏
𝜂𝑅𝐹𝐷𝐶
 Eq. 2 
 
The area and mass of the rectenna array, composed of 
microstrip patch antennae, could then be evaluated by Eq. 
3 using the average rectenna power density, 𝑆𝑟 , and an 
areal density of 0.16 kg/m2 [12]. 
 
 𝐴𝑟 =
𝑃𝑟
𝑆𝑟
 Eq. 3 
 
Thus, 𝑆𝑟  can be treated as a fundamental physical 
property of the individual rectenna, for a given 
transmission frequency and RF collection efficiency, to 
scale the sizing of the rectenna array. 
Continuing with this methodology for an RF 
collection efficiency of 93% [16], the size of the 
transmitter required was then determined by:  
 
 
𝜂𝑅𝐹 = 1 − 𝑒
−𝜏2 Eq. 4 
 𝜏 =
√𝐴𝑡𝐴𝑟
𝜆𝑑
 Eq. 5 
 
where 𝜆 is the wavelength of the microwave beam, 
and 𝑑  is the distance between the transmitting and 
receiving apertures [21].  
For our purposes, the transmitter consists of two 
elements: the antenna reflector and the oscillating source. 
The size of the antenna reflector was the area denoted by 
𝐴𝑡 . For this study a Cassegrain parabolic reflecting 
antenna, with area density equal to 1.4 kg/m2 [22] and 
efficiency of 80% [23], was incorporated due to its high 
TRL, efficiency and suitability for operation at the 
required frequency.  
Choice of oscillator was determined by the 
microwave frequency and output power required, 
illustrated below in Figure 2. In accordance with the 94 
GHz frequency of the beam, and power requirement R.1 
from Table 1, a gyrotron was the only oscillator capable 
of supplying the intended system. From the comparable 
sources available, mass of the gyrotron was taken to be 
~800 kg  [24, 25, 26], with an efficiency of 40%  [27, 28]. 
(ii) 
(iii) 
(iv) 
(i) 
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Figure 2: Oscillator Output Power for Range of 
Frequencies [17] 
As discussed in Section 1, the electrical input power 
required for the transmitter is crucial in the sizing of the 
SPS solar array. The magnitude of this power was 
calculated by Eq. 6, where 𝜂𝐷𝐶𝑅𝐹 is the efficiency of the 
DC-to-RF conversion of the transmitter. 
 
 𝑃𝑡𝑖𝑛 =
𝑃𝑟
𝜂𝑅𝐹 ∗ 𝜂𝐷𝐶𝑅𝐹
 Eq. 6 
 
5. Solar Power Satellite 
As previously mentioned, sizing of the SPS solar 
array is a core element in the estimation of the mass of 
the overall satellite system. For this reason, work was 
directed towards the optimal design and trade-off 
analysis of the solar blanket and support structure.  
Before any significant design work could be 
conducted on the overall array, a trade-off analysis was 
undertaken on choice of the solar cell, with the following 
options by AZUR SPACE investigated: 
 
Table 3: Solar Cells Analysed [29] 
Cell 
Junction 
Type 
Efficiency 
Class 
Composition 
S 32 Single 17% Cz Si 
3G28C Triple 28% 
GaInP/GaAs/ 
Ge 
3G30C Triple 30% 
InGaP/GaAs/ 
Ge 
4G32C Quad 32% 
AlInGaP/ 
AlInGaAs/ 
InGaAs/Ge 
 
Sizing of the solar array began with derivation of the 
power required to be produced, given by 𝑃𝑎𝑟𝑟𝑎𝑦  in Eq. 7. 
 
 
𝑃𝑎𝑟𝑟𝑎𝑦 =
𝑃𝑒𝑇𝑒
𝑋𝑒
+
𝑃𝑡𝑖𝑛𝑇𝑎
𝑋𝑎
𝑇𝑎
 
Eq. 7 
 
This was calculated using the solar array energy 
balance outlined in [30], where 𝑇𝑎  and 𝑋𝑎  denote the 
access time with the rectenna and losses within coverage 
window; and subscript 𝑒 denotes the parameters during 
eclipsed conditions. Losses given by the parameter 𝑋  
included those attributable to satellite’s harness, 
batteries, latching current limiters and battery charging 
and discharging regulators. 
The area of the array required was then evaluated 
using the cell specific power, 𝑃𝑐𝑒𝑙𝑙 , which incorporates 
pointing accuracy, cell degradation, packing factor and 
incident solar irradiance: 
 
 𝐴𝑎𝑟𝑟𝑎𝑦 =
𝑃𝑎𝑟𝑟𝑎𝑦
𝑃𝑐𝑒𝑙𝑙
 Eq. 8 
 
Following on from this, the mass of the solar blanket 
required was thus: 
 
 𝑀𝑏𝑙𝑎𝑛𝑘𝑒𝑡 = 𝐴𝑎𝑟𝑟𝑎𝑦 ∗ ?̇?𝑐𝑒𝑙𝑙 Eq. 9 
where ?̇?𝑐𝑒𝑙𝑙  is the cell specific mass, taken from the 
data sheets of the AZUR SPACE cells analysed. 
Estimation of the structural support mass of the array 
followed the methodology outlined in the NASA-led 
study of a high-power solar electric propulsion space tug 
[31]. The array was divided into 2 ‘wings’, with each 
‘wing’ sub-divided into 8 'winglets’ – illustrated in 
Figure 3 below. Dimensions 𝑏  and ℎ  of each winglet, 
shown in Figure 4, were then evaluated from: 
 
 𝑏 =  
√
3
128
∗ 𝐴𝑎𝑟𝑟𝑎𝑦 
 
Eq. 10 
 ℎ =
8
3
∗ 𝑏 Eq. 11 
 
 
 
Figure 3: Visualisation of SPS without microwave transmitter 
(not to scale) 
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Mass of the support structure, 𝑀𝑠𝑡𝑟𝑢𝑐𝑡𝑢𝑟𝑎𝑙, was then 
estimated from the volume of the structural members: 
 
 𝑉𝑡𝑟𝑢𝑛𝑘 = 8𝑏 ∗ 𝐴𝑡𝑟𝑢𝑛𝑘 Eq. 12 
 𝑉𝑠𝑝𝑎𝑛 = 16ℎ ∗ 𝐴𝑠𝑝𝑎𝑛 Eq. 13 
 𝑉𝑒𝑛𝑑 = 16𝑏 ∗ 𝐴𝑒𝑛𝑑 Eq. 14 
 
where the density values from Table 4 below were 
used during the trade-off analysis of the materials. 
 
Table 4: Structural Materials Sampled  [32, 33] 
Material 
Density 
(kg/m3) 
Yield  
(MPa) 
Young’s 
Modulus 
(GPa) 
CFRP 1550 800 150.0 
Stainless Steel 7850 585 199.5 
Low Alloy Steel 7850 950 211.0 
Aluminium 2700 290 75.0 
Titanium 4600 975 115.0 
Ni Super Alloy 8200 1100 197.5 
 
As such, the total mass of the SPS was then 
determined by:  
𝑀𝑆𝑃𝑆 = 1.3 ∗ (𝑀𝑎𝑟𝑟𝑎𝑦 + 𝑀𝑡) +  𝑀𝑂𝑡ℎ𝑒𝑟 Eq. 15 
where a 30% margin was applied to estimate the 
structural mass of the satellite bus and mechanisms, 
according to [30], and 𝑀𝑂𝑡ℎ𝑒𝑟  represents the cumulative 
mass of the satellite’s other sub-systems, calculated 
according to [34]. 
 
6. Solar Reflector Satellite  
The fundamental concept behind reflective satellites 
is that they are mirrors in orbit which reflect the sun’s 
rays; and are used to increase irradiance on an object or 
to illuminate shadowed areas. The mirrors can either be 
flat or concave, which focuses the rays. Since reflective 
satellites are relatively light compared to solar cells, it is 
more efficient to increase the solar irradiance on a solar 
cell than to increasing the number of cells when requiring 
an increase in power. However, problems arise when 
reflecting sunlight over large distances, such as orbital 
altitudes. 
The angular subtense, α, which denotes the angle 
between the sun and the orbital reflector, shown in Figure 
5, causes the satellite’s reflected footprint to expand. The 
area of the footprint can be simplified into two equations, 
representing the two different scenarios. Eq. 16 is the 
footprint area for a flat reflector. Whereas Eq. 17 
describes the footprint if the mirror is focused on a point, 
where h is the orbital height above the solar cells and Ar 
is the area of the reflective surface. From these equations 
the impact of the angular subtense on the footprint is 
clear; as is the exponential expansion of the footprint 
with an increased orbital height, for increased access 
time, which is not beneficial. 
 
 
Figure 5: The depiction of a solar reflector and the 
surrounding variables [35] 
 
𝐴𝑓 = 𝐴𝑟 +
𝜋
4
(𝛼ℎ)2 
 
Eq. 16 
 𝐴𝑓 =
𝜋
4
(𝛼ℎ)2 Eq. 17 
 
Eq. 18 describes the irradiance which the mirror 
imparts onto a surface where If is the irradiance in the 
footprint, ρ is the mirrors reflectivity and C is the cloud 
factor ranging from C = 1 (cloudless) to C = 0 (extremely 
cloudy with no light penetrating). The angle ẟ is that 
between the reflected beam and the mirror’s normal, θ is 
the angle between the incident and reflected beams and Is 
is the solar constant at 1AU, which for the purpose of this 
work is taken to be 1367 W/m2. The function f(Ɛ) 
describes the reduction of irradiance due to the haze and 
zenith distance, where Ɛ is the angle above the horizon to 
the orbital reflector. In this work, the equation can be 
simplified because the reflector will be orbiting the Moon 
at a high enough altitude to exclude haze and zenith 
effects, as shown within Eq. 19. 
Figure 4: Single solar array winglet [31] 
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𝐼𝑓 = 𝜌𝐶
𝐴𝑟
𝐴𝑓
𝑓(𝜀)𝑐𝑜𝑠𝛿 cos (
𝜃
2
) 𝐼𝑠 
 
Eq. 18 
 𝐼𝑓 = 𝜌
𝐴𝑟
𝐴𝑓
𝑐𝑜𝑠𝛿 cos (
𝜃
2
) 𝐼𝑠 
Eq. 19 
 
The 
𝐴𝑟
𝐴𝑓
 term becomes very important when 
considering scaling, since this ratio has a large effect on 
the footprint illumination. Since Af is predominantly 
dependant on the distance to the solar cell, Ar is required 
to be approximately the same size or larger. This results 
in two possible outcomes: a cluster of smaller reflectors, 
or one very large reflector. 
The membrane must have a low area density as the 
reflective area could be kilometres squared, most 
proposed designs work with an areal density of 3 g/m2 to 
6 g/m2. Earlier proposed materials were aluminised 
Kapton or Paralene [36]. However, more recent designs 
have focused on aluminised Mylar with a UV protective 
coating [35]. The penetration depth of solar particles is 
approximately 0.1μm, thus it is required that the 
reflective material be at least this thick. The membrane 
will also be subjected to UV radiation which causes 
degradation in polymers due to photochemical reactions 
taking place between the bonds. Most damage would be 
sustained by the first 0.3μm from the illuminated surface, 
as this is the attenuation depth of UV. To ensure bulk 
properties of the polymer film are not affected, the 
minimum thickness should be 0.3μm [35]. 
Other external factors which affect the membrane are 
micrometeorites, space debris, and solar winds. The 
ECHO-I satellite, which had 12.5μm Mylar coated with 
0.22μm of aluminium, lost 4.7% reflectivity over the 
course of 4 years. The Boeing Company estimated that a 
solar sail in GEO would result in a reduction of 3% 
reflectivity over 30 years from micro meteorites. Less 
confidence is present when predicting the sputtering 
erosion and hydrogen effects. However, Boeing believe 
that a satellite requiring no maintenance for up to 8 years 
could be achievable, although this requires further testing 
[36]. Billman et al suggested an in-situ technique which 
could extend the life reflectors by recoating the mirror. 
They suggest a metal evaporator, placed at the end of 
each boom, periodically reevaporate a replacement 
coating. This would mean that degradation would only be 
dependent on micrometeorite and polymer substrate 
damage [36]. 
Minghong’s work on thin film coatings gave a rough 
estimate on reflectivity of the aluminium coating and 
proposed a dielectric layer to enhance the aluminium 
base. At a wavelength of 1064 nm the hybrid coating of 
Al-(SiO2/HfO2)3 had a reflectivity of 99.1% and was 
0.68μm thick – an improvement of 4.1% compared with 
the pure aluminium [37]. A similar experiment was 
conducted by Barron, and the results are displayed in 
Figure 6. The pure Aluminium had a steep drop off below 
450 nm. However, the aluminium copper alloys only 
fluctuated between 86% and 91% across the visible light 
range [38]. 
 
 
Figure 6: Reflectivity of Aluminium Alloys [38] 
A hybrid design combining the orbital reflectors and 
the SPS system would help increase the power to mass 
ratio of the SPS system, as it will decrease the size of 
solar array required. The concept requires two reflector 
satellites which reflect the sunlight in a “Z” fashion but 
still allowing the SPS system direct sunlight as, well as 
shown in Figure 7. The only limiting factor to the 
irradiance that this design can impart onto the SPS is the 
heat dissipation by the solar panels. For this concept to 
be efficient the additional mass of the cooler for the solar 
panels and mirrors must be less than the mass of the solar 
array removed.  
 
Figure 7: Hybrid Concept Reflection Paths 
 
The design for the satellite will be similar to the 
L’Garde solar sail comprising of 4 inflatable beams 
webbed with the membrane [39]. The middle of the 
satellite will be the core and be the case for the deflated 
reflector with the sunwards facing side covered with solar 
cells to generate the require power. The orientation will 
be controlled by reaction wheels allowing for expulsion 
free control, as RCS waste could contaminate the 
reflective surface. The preliminary design for this 
satellite is displayed in Figure 8.  
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Figure 8: Reflective Satellite Preliminary Design (Not to 
Scale) 
The mass of the satellite is required to be relatively 
low. To achieve this the beams will be made from 
Aluminium and Mylar, similar to the Inflatesail design 
[40]. The beam is a sandwich of 16μm of mylar 
surrounded by two 14.5μm sheets of Aluminium. This 
means that a beam of 90 mm diameter will mass around 
2.3 g/m. The beam is inflated by pressurised nitrogen to 
70 kPa, which plastically deforms the creases that 
occurred from folding. The visual results from the 
Inflatesail test are displayed in Figure 9. The beams have 
a structural rigidity of 5.6x10-4 Nm and an estimated 
Youngs modulus of 68 GPa. The beams have a 
compression ratio of around 6% meaning that a 10m 
beam will start off around 60 cm long. 
 
 
Figure 9: Inflatesail pressurisation test [40] 
The membrane will be 2.2μm Mylar coated by 
0.35μm of aluminium, it is hoped that the thicker 
aluminium coating compared with the ECHO-I satellite 
will help slow down the blistering process allowing the 
satellite to last around 10 years, however, exact estimates 
will require physical testing. This will give the membrane 
an areal density of 4 g/m2 which is in between the 
requirements proposed by Billman [36]. 
 
7. Results 
The results of each analysis have been conducted to 
derive specifications of the SPS, WPT and SRS systems. 
Comparison between the SPS concept and a hybrid 
concept including both SPS and SRS are then presented. 
 
7.1 Orbit Comparison 
The results of the orbital analyses, shown in 
Appendix A – Orbital Analysis Results, demonstrate that 
the closer orbits are more affected by the non-spherical 
gravity field of the Moon than the third-body effect of the 
Earth, which is shown by the difference between the two 
simulation results for Orbit 1 as the MATLAB code does 
not consider the non-spherical gravity field. However, 
the results for the simulation methods are very similar for 
Orbits 3 and 4, where the main perturbation comes from 
the third body effect of the Earth. In addition to this, the 
GMAT simulation uses a specific epoch of the year 2025, 
whereas the MATLAB simulation uses a specific setup 
of the satellite, Moon, Earth, and Sun, where they all start 
along a straight line. 
From the results summarised in Table 5, below, it was 
determined that the coverage time for the low lunar orbit, 
Orbit 1, was very short at times leaving less room for 
error in the transmission of the power. This makes it less 
reliable and, in the case of requiring continuous coverage 
of the ground base, an unreasonable amount of satellites 
would be required. 
 
Table 5: Satellite Coverage and Eclipse Analysis 
Orbit Coverage Eclipse 
No. a 
(km) 
Min. t 
(hr) 
d 
(km) 
Max. 
(hr) 
Avg. 
(hr) 
1 1880 0.10 150- 633 1.91 0.80 
2 2250 0.45 512 – 1158 2.25 0.75 
3 6514 9.40 5571 – 9008 1.02 1.00 
4 9250 22.17 7656 - 13392 1.33 1.19 
 
Orbit 1 is also more susceptible to changes in the orbit 
causing instability that would result in a crash of the 
satellite, which must be avoided in the case of delivering 
electricity to the ground base that is necessary to sustain 
the lives of the inhabitants. The rest of the orbits were 
deemed to be feasible, with Orbit 2 giving a reasonable 
compromise for the altitude of the satellites, however it 
also has the largest maximum eclipse duration which 
would be an important factor in design of the satellite. It 
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must also be noted that the solar radiation pressure will 
have an effect on the orbit path over time and that regular 
station-keeping manoeuvres will be required to keep the 
satellite in orbit for an extended period of time. This 
affects Orbit 2 more than 3 or 4 as it is polar, and the 
effect can be seen from the results of the MATLAB code 
simulation. As Orbit 4 is essentially a larger version of 
Orbit 3, if Orbit 3 was deemed to be more suitable than 
Orbit 2, then the impact of the larger orbit on the 
transmission distance would be the main factor in 
considering which orbit to use. 
 
7.1.1 WPT Considerations 
Further evaluation of the feasibility of each orbit was 
conducted with the WPT element. Two ‘MinMax’ cases 
were studied: minimisation of the receiver (maximising 
transmitter) and minimisation of the transmitter 
(maximising receiver). The results of this analysis are 
outlined in Table 6 and Table 7 respectively. 
 
Table 6: Orbit Analysis for Receiver Minimisation 
a 
(km) 
Sr 
(W/m2) 
Transmitter Receiver 
Dt 
(m) 
Mt 
(kg) 
Dr  
(m) 
Mr  
(kg) 
1880 13.153 22 1332.2 168.85 4561.825 
2250 3.9300 22 1332.2 308.90 15,266.81 
6514 0.0650 22 1332.2 2402.9 923,821.4 
9250 0.0294 22 1332.2 3572.3 2,041,842 
 
Table 7: Orbit Analysis for Transmitter Minimisation 
a 
(km) 
Sr 
(W/m2) 
Transmitter Receiver 
Dt  
(m) 
Mt  
(kg) 
Dr  
(m) 
Mr  
(kg) 
1880 2.3438 9.28693 894.834 400 25,600 
2250 2.3438 16.9896 1117.37 400 25,600 
6514 2.3438 132.159 20,004.9 400 25,600 
9250 2.3438 196.478 43,246.8 400 25,600 
 
As previously noted, Orbit 1 (a = 1880 km) was 
deemed unfeasible due to potential instabilities over time. 
Additionally, results from the analysis above 
demonstrate that even in the best-case scenarios of each 
antenna, Orbits 3 and 4 would require prohibitively 
massive transmitting or receiving antenna in terms of 
diameter and mass respectively. Thus, Orbit 2 (a = 2250 
km) clearly offered the best solution. 
 
7.2 WPT Receiver Power Density 
Studying Orbit 2 for a range of receiver power density 
values yielded the plot seen in Figure 10 below. Here the 
diameter of the receiver and transmitter are plotted within 
the range defined by requirements C.1 and C.2, which 
correlate with Sr = 3.93 W/m2 and Sr = 2.3438 W/m2 
respectively. This provides a power density range in 
which to determine an optimal trade-off between the 
sizing of the receiver and transmitter. Furthermore, 
conducting this analysis for mass instead of diameter 
yields Figure 11, demonstrating the linear proportionality 
between receiver power density and transmitter mass, 
and inverse proportionality between receiver power 
density and receiver mass. Thus, variation of the receiver 
power density value has a greater impact on the sizing 
and mass of the receiver. 
 
 
Figure 10: Antenna Diameter for a Range of Receiver 
Power Densities 
 
Figure 11: Antenna Mass for a Range of Receiver Power 
Densities 
The optimal receiver power density, *Sr, over the 
entire feasible range can thus be found from 𝑚𝑖𝑛(∆𝑀) 
by applying:  
 
 𝑑𝑀𝑡 =  |𝑀𝑡 − min (𝑀𝑡)| Eq. 20 
 𝑑𝑀𝑟 =  |𝑀𝑟 − min (𝑀𝑟)| Eq. 21 
 ∆𝑀 =  |𝑀𝑟 − 𝑀𝑡| Eq. 22 
 
where min (𝑀𝑟)  and min (𝑀𝑡)  represent the 
minimum values within their respective sets.  
Conducting this analysis for an increasing resolution, 
outlined in Table 8, allows for an accurate determination 
of *Sr. 
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Table 8: Convergence of Optimal Receiver Power Density 
No. of Data Points Sr (W/m2) 
1.00E+01 3.930093532 
5.00E+01 3.86663979 
1.00E+02 3.882503226 
1.00E+03 3.877744195 
1.00E+04 3.877426926 
1.00E+05 3.877347609 
1.00E+06 3.877350782 
1.00E+07 3.877351099 
 
The aforementioned yields a solution of *Sr = 3.8774 
W/m2, accurate to 5 significant figures. This represents a 
balanced approach to the trade-off, with the use of mass 
magnitude providing a slight bias towards minimisation 
of the receiver size; which is beneficial due to receiver’s 
greater impact on the mass of the overall system. 
Re-evaluating the parameters of the WPT element 
using the optimal receiver power density determined 
results in the final specification outlined in Table 9. 
 
Table 9: Final WPT Breakdown 
 
Mass 
(kg) 
Diameter 
(m) 
Area  
(m2) 
Transmitter 1322.55 21.80 373.25 
Receiver 15,465.41 310.90 96,658.81 
 
7.3 SPS  
7.3.1 Solar Array Comparisons 
A sub-system level analysis was conducted to 
evaluate the solar blanket mass and area required for each 
solar cell type studied. These results are shown below. 
 
Table 10: Solar Cell Trade-Off 
Cell Type Blanket Mass (kg) Area (m2) 
S 32 3100.55 9689.23 
3G28C 6310.35 5439.96 
3G30C 4470.79 5198.60 
4G32C 8526.03 4789.90 
 
From the results above, the S 32 cell clearly resulted 
in the lowest blanket mass required. However, the low 
efficiency of the single-junction silicon crystal resulted 
in the largest area required. This is significant as the 
much larger area could pose issues with volumetric 
constraints of a payload fairing and would also result in 
a disproportionate support structure mass. Thus, the 
optimal cell type was determined to be the 3G30C, which 
provided a balanced solution, with the second lowest 
mass and area results. 
The mass of the support structure required for the 
array was then analysed for the materials listed in Table 
4, with Table 11 displaying the results of the overall 
structural mass when each beam is made of the same 
material. 
 
Table 11: Support Structure Material Trade-Off 
Material 
Mass  
(kg) 
Young’s Modulus 
(GPa) 
CFRP 5555.1 150.0 
Stainless Steel 28133.8 199.5 
Low Alloy Steel 28133.8 211.0 
Aluminium 9676.6 75.0 
Titanium 16486.1 115.0 
Ni Super Alloy 29,388.2 197.5 
 
The greater strength-to-weight ratio of the CFRP 
results in lowest overall mass of the support structure. 
When also considering the intrinsic stiffness of the 
materials analysed, important for the trunk and span 
beams which support structural loads, CFRP was 
determined to be the best material due to its low mass, 
high strength and moderately high stiffness properties. 
 
7.3.2 Overall System Specification 
Incorporating the results determined in the previous 
sections, the final specification of the SPS provided 
below in Table 12.  
 
Table 12: Final SPS Breakdown 
 Mass (kg) Area (m2) 
Solar Array 10,025.88 5198.60 
Transmitter 1322.55 373.25 
Other 6729.80 – 
Total 18,078.23 – 
 
For continuous coverage, an SPS system at an orbit with 
semi-major axis of 2250 km requires a 6-satellite 
constellation. Thus, the mass breakdown for the overall 
system is: 
 
Table 13: Overall System Mass Breakdown 
 SPS Receiver Overall System 
Mass (kg) 18,078.23 15,465.41 123,934.79 
 
7.4 Hybrid System 
7.4.1 SRS Specification 
As stated previously the solar reflectors will be 
positioned in a “Z” fashion with the angles incident to 
reflected rays being very small ~2°. Reflector 1 (as 
named in Figure 7) will be 8.9 km from Reflector 2, 
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which will be 4.9 km away from the SPS’ solar array. 
Using the material and structure discussed previously 
working with Eq. 19, one reflector satellite would have 
the following specifications; 
 
Table 14: SRS Specifications 
Reflective Area 5281m2 
Areal Density 4g/m2 
Minimum Reflectivity 0.85 
Reflective Irradiance 3kW/m2 
Mass ~46kg 
 
Each reflector is curved with a focal point equalling 
the distance between the satellite and illuminated object. 
Because of the angular subtense of the sun this still 
allows for the whole object to be illuminated while also 
concentrating the irradiance. 
Even though the total area is around 5.3 × 103 m2 
each beam only starts off at 3.08 m allowing for a simple 
launch. 
 
7.4.2 System Comparison 
The “Z” formation allows the SPS arrays to be 
irradiated from both the reflectors and from direct 
sunlight. This design provides a total irradiance on the 
PV cells of just over 4.4 kW/m2, an increase of 220%. 
Since the Solar Reflectors are much lighter than the PV 
cells they replace, this leads to a big reduction in weight. 
As described earlier the SPS and WPT system has a 
mass of 18.08 tonnes when used by itself with the array 
size required being almost 5200 m2. The benefits of the 
hybrid system become clear when the increased 
irradiance on the array allows its area to be reduced to 
1609 m2.  
 
Table 15: Final SPS Breakdown for Hybrid Concept 
 Mass (kg) Area (m2) 
Solar Array 4474.95 1609.4 
Transmitter 1322.55 373.25 
Other 7850 – 
Total 10,584.47 – 
 
This reduces the SPS mass to only 10.58 tonnes. 
Considering the two SRS required to achieve this, the 
final mass of the hybrid concept is 10.67 tonnes. 
Therefore, the hybrid system saves 7.40 tonnes per SPS, 
which is 44.41 tonnes over the whole constellation. 
 
Table 16: Overall System Breakdown for Hybrid Concept 
 SPS SRS Receiver 
Overall 
System 
Mass 
(kg) 
10,584.47 46 15,465.41 79,524.23 
 
When the systems are compared side to side, as 
shown in Table 17, the benefits the hybrid concept has 
becomes clear. The hybrid concept increases the power 
per kilogram by almost 50% which is important when 
considering the scalability. The reduction in array size 
also reduces complications which occur with very large 
arrays, such as, volumetric issues when launching, 
increased difficulties with dual access tracking and 
increased risk of micrometeorite damage. However, the 
hybrid concept comes with some drawbacks, such as 
requiring the launching, monitoring, and control of three 
times the amount of satellites. Because of the launch 
costs involved with launching to lunar orbit the Hybrid 
concept is the better choice as it is two thirds the weight 
of a pure SPS system. 
 
Table 17: SPS and Hybrid Concept Comparison 
 SPS Hybrid  
No. of Satellites 6 18 
PV Area (m2) 5198.6 1609 
Power (kW) 150 150 
Mass (tonnes) 123.9 79.5 
Specific Power (W/kg) 1.21 1.89 
 
8. Comparison with CASSIOPeiA System  
To examine the effectiveness of the PowerHab 
solution, the system was compared to the state-of-the-art 
CASSIOPeiA concept; with consideration of each 
system’s suitability for the lunar mission profile. 
 
8.1 CASSIOPeiA Background 
CASSIOPeiA is a novel concept for a fully solid-state 
SPS system. The satellite’s helical structure, shown in 
Figure 12, uses concentrated PV and forms a microwave 
phased array transmitter with constant aperture [41]. The 
solid-state design eliminates the need for moving parts, 
yet also avoids redundancy of the generation and 
transmission components, thereby reducing mass [42].  
 
 
Figure 12: CASSIOPeiA SPS variant with 1-sun quadrant 
planar reflectors [42] 
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8.2 Comparative Analysis 
Whilst comparison between the PowerHab and 
CASSIOPeiA systems must be undertaken with some 
caution, due to the differences in operational factors, it is 
worthwhile to compare some key figures of merit to 
examine how each system could be improved by 
attributes of the other. 
 
Table 18: Proposed CASSIOPeiA Mission Profiles [41] 
 
Near 
Space 
LEO GEO 
Altitude (km) 7 - 20 963 - 7414 35786 
Power (kW) 100 - 200  90,000 430,000 
Mass (tonnes) 0.2 – 0.4 90 - 180 400 - 900 
Dt (m) 34 650 1430 
Dr (m) 74 1450 3160 
 
Study of proposed CASSIOPeiA mission profiles, 
found in Table 18, indicate the most similar orbital 
profile to the PowerHab concept to be the LEO 
constellation. Comparison between similar orbital 
profiles is more significant than power magnitudes due 
to the effects of increasing transmission distance. 
 
Table 19: Key Figures of Merit for Comparison 
 PowerHab CASSIOPeiA 
Altitude (km) 512 - 1158 963 - 7414 
Specific Power* 
(W/kg) 
2.34 ~500 
Sr (W/m2) 3.88 62.07 
*Note: Not including mass of rectenna 
 
From the worst-case LEO configuration, derivation 
of the specific power and rectenna power density, listed 
in Table 19, demonstrate  the CASSIOPeiA system to be 
greater than an order of magnitude more capable than the 
PowerHab system in both categories. 
Despite these results highlighting the fact that 
PowerHab may be an inferior system, it is important to 
consider additional factors which affect the suitability of 
each system in meeting the near-term objectives if they 
are to be applied as part of IGLUNA.  
In this regard, the IGLUNA project’s directive is to 
support development of an ESA lunar base. For this 
reason, systems with high TRLs are preferable in order 
to meet ESA’s goal of lunar habitation within the next 
decade. Additionally, the overall configuration of the 
PowerHab system’s satellites are highly comparable to 
existing systems such as the ISS (with respect to the solar 
arrays, for the SPS) and the LightSail-2, IKAROS and 
NanoSail-D2 small satellites for the SRS. Conversely, 
despite components of the CASSIOPeiA system being 
comparable to those of PowerHab; namely the solar cells 
and reflectors; the overall configuration and scale of the 
structure has no measurable precedent for comparison. 
Additionally, whilst the helical design theoretically 
enables compact stowage, the complexity of this 
structure increases the number of potential mechanisms 
of failure during deployment.  
It must also be stressed that CASSIOPeiA has so far 
only been detailed and proposed for Earth applications. 
The further analysis required to accurately examine the 
feasibility and operation of CASSIOPeiA within cislunar 
space would increase pre-launch period and delay 
deployment of the system.  
Considering the overall combination of proven 
technologies and comparability to existing systems, the 
timescale required to test and deploy the PowerHab 
system is more feasible in achieving the targets set by 
ESA when compared to the CASSIOPeiA system. 
However, given its properties for Earth applications, if a 
longer-term revision was made to these targets then the 
CASSIOPeiA system would likely provide a better 
solution.  
 
9. Conclusions 
This paper has analysed and compared several design 
options and system concepts to provide a feasible space-
based solution for continuous power supply to a lunar 
base. Comparison of viable orbits and system 
architectures was conducted, with trade-offs analysed for 
the solar array and wireless power transmission elements. 
The final concept consisted of a hybridised solution 
incorporating SPS and SRS to reduce the overall mass of 
the system by 44.24 metric tonnes – making this concept 
not only feasible but economic. 
This hybrid solution was then compared to the novel 
CASSIOPeiA design. Given the ESA target of a near-
term lunar base, the PowerHab system was deemed a 
more achievable solution due to its readiness 
comparability to existing systems. However, it was noted 
that CASSIOPeiA would potentially prove a better 
solution if this target was delayed. 
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Appendix A – Orbital Analysis Results 
A.1 - Orbit 1 
 
 
Figure 13: MATLAB Simulation of Orbital Parameter Variation for Orbit 1 
 
 
Figure 14: GMAT Simulation of Orbital Parameter Variation for Orbit 1 
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A.2 - Orbit 2 
 
Figure 15: MATLAB Simulation of Orbital Parameter Variation for Orbit 2 
 
 
 
Figure 16: GMAT Simulation of Orbital Parameter Variation for Orbit 2 
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A.3 - Orbit 3 
 
Figure 17: MATLAB Simulation of Orbital Parameter Variation for Orbit 3 
 
 
Figure 18: GMAT Simulation of Orbital Parameter Variation for Orbit 3 
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A.4 - Orbit 4 
 
Figure 19: MATLAB Simulation of Orbital Parameter Variation for Orbit 4 
 
 
Figure 20: GMAT Simulation of Orbital Parameter Variation for Orbit 4
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